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But Under Perfect Control 


In a matter of seconds after it leaves the launching platform, a 
guided rocket has penetrated the sonic barrier. But, even more 
amazing than the fantastic speeds attained by today’s rockets 
is the fact that they are under the complete control of men on 
the ground. Many of the electronic and mechanical develop- 
ments that have made this precise control possible are the prod- 
ucts of Bendix Creative Engineering. From dependable fuel 
pumps and metering devices to the remote control radio trans- 
mitters and receivers, Bendix components are constantly im- 
proving the performance of modern experimental rockets — 
adding their part to the science of rocketry. 


Bendix Products in this Field Now Include 


ROCKETS AND RAM JETS GUIDED MISSILES 
Liquid fuel pumps and metering devices Flight test telemetering (air-borne and 
High pressure valves and accumulators ground stations, 
Telemetering systems (pressure, tempera- Gyros and servos 
ture, acceleration, spin, etc.) Electrical and hydraulic power supplies 
(air-borne and ground) 
Autopilots and stabilization 
JET PROPULSION Hydraulic and electric control systems 
Engine controls for turbo-jets Flight instrumentation 
Ignition devices Radar beacons 
Blades for turbo-jets Flight simulators and put 
Starters and generators Remote control tr itt and 
Fuel metering and pumping systems (air-borne and ground) 
Engine instruments Homing devices 
Fuel filtering 


BENDIX DIVISIONS—Bendix Products Friez Instrument Bendix Radio Scintilla Magneto 
Zenith Carburetor Eclipse-Pioneer Pacific Division Marshall-Eclipse Eclipse Machine 
Kansas City % Skinner Purifiers % Bendix International x Red Bank x Bendix Research Laboratories. 


BENDIX AVIATION CORPORATION 


FISHER BUILDING . DETROIT 2, MICHIGAN AVIATION CORPORATION 
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INVESTIGATION OF SOME PARAMETERS 
AFFECTING OVER-ALL ROCKET 
PERFORMANCE 


By C. H. Harry 


Member ARS, Research Engineer, The Glenn L. Martin Company, 
Baltimore, Md. 


Nomenclature 


¢ = effective exhaust velocity of the M, = massof the tankage provisions, slugs 
gases from the motor, fps = n = ratio of thrust to gross weight at 
Jol take-off = 7'./(g.M.) 

= air density at altitude Z, slugs/ft® 


c, = effective exhaust velocity at take- p 
off (sea level) = gol. y = proportional fuel = mt/M, 
Ac =¢m—C R = mass ratio = available fuel mass at 
Cn = Maximum c = fps take-off /M, 
D_ = drag of the vehicle, lb R, = power-plant mass/M, 
g = acceleration of gravity ft per sec? t = time in sec from take-off 
go = acceleration of gravity ft per sec? F = thrust at altitude Z, lb 
I = specific impulse at altitude Z, sec F, = thrust at take-off (sea level), lb 
7, = maximum specific impulse at in- V = velocity at time t, fps 
finite altitude, sec ‘ V, = loss in velocity from drag, fps 
I, = sea level specific impulse, sec V, = gain in velocity from diminution of 
K = shape coefficient for drag, ft? g with altitude, fps 
m = rate of fuel consumption (over-all), V, = loss in velocity from Ac, fps 
slugs per sec Vr = velocity at r = R, fps 
M = mass at time ¢, slugs V, = first estimate of velocity, fps 
M; = mass of fuel at take-off, slugs = Z = altitude above sea level, ft 
RM, Z, = first approximation of Z, ft 
M, = initial mass, slugs Zr = altitude at the end of burning, ft 


HE design of a rocket-propelled vehicle involves the consideration of a 
large complex of interrelated variables. Such items as the weight, 
fuel, drag, ete., all affect the over-all performance. However in a discus- 
sion as short as this it is not possible to treat every parameter. This 
paper is limited to a presentation of a simplified method of integrating the 
trajectory equations together with a study of the effects of mass ratio, 
thrust-to-gross-weight ratio, and rate of fuel consumption on the per- 
formance. Since the rate of fuel consumption will be considered constant, 
the amount of fuel burned during any part of the flight is proportional to 
Presented at the 1948 Annual Meeting of the American Rocket Society, Hotel Statler, 
New York, N. Y., Dee. 2, 1948. 
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the elapsed time. This makes it possible to express the results in terms 
of fuel consumed rather than time. Such a procedure, which is used in 
all of the following, leads to a number of simplifications of the results. 
To conserve space the exposition is limited to vertical flights which start 
from sea level. In addition, it is assumed that the type of fuel and motor 
design are fixed so that the specific impulse curve is the same for all studies. 

Before proceeding further it is necessary to define some of the terms used. 
The mass ratio R is the ratio of the available mass of fuel present at launch- 
ing to the initial mass of the vehicle. The proportional fuel is the mass of 
fuel expended up to any time after launching divided by the initial mass of 
the vehicle. As an example, if the initial mass of the rocket is 1000 slugs 
and the proportional fuel is 0.4, it means that 400 slugs of fuel have been 
consumed. At the end of burning, when all fuel is consumed, the propor- 
tional fuel equals the mass ratio. 

As the equations of motion involve the quantities thrust, specific im- 
pulse, effective velocity, and drag, these concepts will be briefly reviewed 
before proceeding. 

The specific impulse J is the ratio of the motor thrust F in lb to the rate 
of fuel consumption in Ib per sec. If the rate of fuel consumption is given 
as m slugs per sec, then the thrust is 


where g, = 32.2 ft per sec squared is the gravitational attraction at take-off. 
As the term g,J appears quite frequently it is more convenient to replace it 
by the effective exhaust velocity c. The relation is 


The corresponding thrust equation is 


As specific impulse varies with altitude the thrust changes during the 
flight. In anticipation of this difficulty the quantity Ac is introduced by 
means of the relation 


where c,, is the maximum value of c. Physically, c,, is the actual velocity 
of the gases escaping from the nozzle when the motor is exhausting into a 
vacuum. The thrust may now be written 
As the rocket is assumed to start from sea level it is convenient to use c, 
and F, for the take-off values of c and F, respectively. If M, is the vehicle 
mass at launching, then the thrust-to-gross-weight ratio at take-off n is 
given as 
The gravity term g, as used above must always be the same as that used 
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in the construction of the specific impulse curves. Further, as the pumps 
deliver fuel by volume rather than by weight, the fuel-flow rate should be 
expressed in mass rather than local weight units. However, the gravita- 
tional pull exerted by the earth varies with altitude. At 100 miles, for 
example, the gravity acceleration g is about 30.7 instead of 32.2 A linear 
approximation of g, based on the inverse square law, may be given as 


where z is the altitude in feet above sea level. The form shown is usually 
sufficiently accurate for altitudes up to 100 miles. 
The remaining external force on the body is the aerodynamic drag D 


which is expressed as 
[8] 


where p is the density in slugs per cu ft at the altitude z; V is the velocity in 
ft per sec of the vehicle; and K is a shape coefficient with dimension, sq ft. 
In general, K depends primarily on the rocket geometry and only slightly 
on V. 

The basic equations of motion, when written in terms of time are 


As mentioned earlier, the proportional fuel is a more convenient inde- 
pendent variable than time. As the amount of fuel used during ¢ sec after 
launch is mt, then by definition the proportional fuel is 


The instantaneous mass M can be expressed in terms of y as 


The proportional fuel is also an instantaneous number and the time rate 
of change of y, as given by [11] and [6], is 


[13] 

If [13] is used in [9] and [10] the equations are expressible in terms of y as 
M dV/dy = MAF — Mg — D)/m............: pleicds [14] 


The upper limit in [15] is the mass ratio R, for as noted earlier, y takes on 
the value R at the end of burning. The differential relation [14] may be 
broken down still further by the use of [5], [8], [12], and [13]. If these 
equations are used [14] reduces to the form ; 

= ¢m/(1 — y) — — Ac/(1 — y) + 9.54 X 10-8c,2/n — 


V*(K/m) 
[16] 


M dV/dt = F — Mg 
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The first two terms of [16] may be integrated at once to give an approxi- 
mation, Vi, of the velocity, namely: 

This is a first approximation throughout the flight. At the end of burning 
the term is 


Vig = leg, (1 — — [17a] 
The first approximation, z;, corresponding to V; is given by [15] as 
= [y + (1 — y) log. (1 — y)] [18] 


The value of z; at the end of burning is given of course by setting y equal to 
R in [17a]. 

To avoid repetition the integrals of the remaining three terms in [16] are 
written : 


(K/m)V?dy 

[21]. 


Fortunately, these quantities are quite small in comparison to V. On the 
V — 2, for example, at the end of burning the values are: V = 5600; 
V. = —340; V, = +6; and V, = —420. In fact, a method of successive 
approximations gives a rapidly converging solution. The procedure is as 
follows: The first estimates V; and z; are used to evaluate the integrands of 
[19] to [21]. A numerical integration is then used to obtain a first set of 
values of V,, V,, and Va. Since the exact solution of [16] is 
i 


then a second approximation V2 is given by 


If this V2 is used in [15] and the integration performed numerically, 
there will result a new value zs. If the V2 and zz terms are used in [19] to 
[21] to obtain a second set V,,, V,,, and Vq,, then a third value of V is 


V3 = yy + Vex + Vo, + Va, ee [24] 


This V3, when used in [15], gives a third z3. The process may be repeated 
until any desired accuracy is reached. However it will generally be found 
that z. and V2 are within engineering limitations of the exact solution. 

The process has a number of advantages. First is the speed of computa- 
tion; second, the most important parameters affecting the velocity are 
isolated for detailed study. Finally, it is not necessary to know the exact 
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mass ratio Rin advance. It is merely necessary to plot the results as func- 
tions of y over a range which is in excess of the expected R. Such a graph is 
shown in Fig. 1. When the mass ratio is established, the curves can then 
be cut off at the appropriate y = R. The curves thus represent the varia- 
tion in performance with mass ratio when all of the other parameters are 
held constant. 

Further, because of the relatively small size of Va, the curves just com- 
puted can be used for a large range of values of K/m. For example, a 
change in vehicle shape could result in a larger value of K but a decreased 
structural weight. If the gross weight is to be held constant a smaller 
shell weight permits more fuel and a consequent increase in mass ratio. 
The desirability of the change can then be had as follows. The new drag 
loss can be obtained by multiplying the original Vz term by the ratio of the 
K’s. At the same time the gain in velocity from the increased R can be 
had from the plot of V versus y. If this gain is greater than the increased 
drag loss, then the change will result in improved performance even though 
V_.may be larger. A similar method applied to m is not so simple. When 
m is increased the pump weights also increase with a corresponding change 
in mass ratio. However if the gross weight is held constant, an increase in 
m will also result in an increase in the thrust-to-gross-weight ratio n. 
Also, a larger m may result in an increased nozzle area and a consequent 
change in K. The method of tracing these more complicated changes will 
be treated next. 

If the final value of n is not known in advance (n for example may lie 
anywhere between 1 and 3), it will be necessary to compute several trajec- 
tories covering the range of n and R. The term K/m may not be known, 
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but as has already been indicated, even a poor guess on this parameter 
does not matter since Vz is small. When such a group of trajectories is 
established they will appear as in Fig. 2, which gives a typical plot of 
velocity versus mass ratio for a group of values of n. These curves can 
now be cross-plotted as velocity versus n for different values of R as shown 
in Fig. 3. Finally, the slopes of Fig. 3, which represent dV ,/dn, are 
plotted versus n for various mass ratios as shown in Fig. 4. Fig. 4 has a 
special significance—it represents the rate of change of the velocity Vz 
with respect to the thrust-to-gross-weight ratio n when all the other param- 
eters are held fixed. 

A similar variation of V , with R may be had from [17a]. Here, unless R 
is small, the altitude is so great that Ac and pare zero. If the term arising 
from g,—g is neglected, then dV ,/dR may be written 


This equation represents the variation of Vz with R when all of the other 
parameters are fixed except FP. 

The remarks above on K/m together with Fig. 4 and Equation [25] make 
it possible to evaluate the effects of a wide variety of changes. To a first 
approximation the change 5V » arising from changes 6R, 6n, and 6(K/m) is 
given by 

= (dVr/dR)SR + (dV e/dn)in + Va8(K/m)/(k/m)........... [26] 


Two examples of the use of [26] will be considered. 
In the first example it will be assumed that the gross weight of the 
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vehicle is given and it is desired to find the optimum value of n. By 
optimum is meant the value of n which will produce the largest Vz. From 
[6] it is found that m varies linearly with n since M, and c, are constant. 
However as nozzle-exit area also varies linearly with m, the missile cross- 
section area will probably also vary in the same ratio as m. This means 
that K/m is relatively unaffected by n. If then, 6(K/m) is taken as zero 
the relation [26] yields the condition 


for 6V pz is zero at a maximum Vz. If the change in 6n is small the only 
change in the missile dead weight should arise from a change in motor 
weight. This power-plant weight might be assumed to vary as, say, the 
eight-tenths power of the thrust. If this weight near the optimum n is 
given as 
then the change 6R is 
OR = [29] 


When this value is substituted in [27] and the resulting equation solved for 
n, it is found that the optimum n must satisfy the relation 


n = (0.SR, dV [39] 


Actually, n is not precise because of the approximations used. However 
it is relatively close, and if further precision is desired, the process may be 
repeated. 
If a quick approximation is desired, Vi, from Equation [17a] may be 
used without bothering to compute Fig. 4. It follows from [17a] that 


If this relation, together with [25] is used in [30], the resulting equation, 
when solved for n, yields 


This last formula is fairly good for mass ratios around 0.8. However 
for values of R near 0.7 it gives results which in general are about 30 per cent 
high. 

In the last example the gross weight of the rocket was given and a pro- 
cedure was outlined to find the best motor thrust. The general result will 
be a thrust-to-gross-weight ratio somewhere between 2 and 3.5 depending 
on the type of fuel, power-plant weight, etc. This is the problem of fitting 
a motor to a rocket. The converse problem of choosing a gross weight to 
use with a given motor thrust leads to an entirely different optimum value 
of n. It appears from the studies made so far that when the thrust F, 
is given, the optimum gross weight will be in the neighborhood of F,, i.e., 
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the optimum nis near unity. The reasons are as follows: The dead weight 
of the rocket consists of motor, pumps, pay load, gadgetry, and tank provi- 
sions. When the motor and pay load are fixed, these items, with the excep- 
tion of provisions for tankage, are relatively independent of the amount of 
fuel carried. Of course structural requirements do necessitate larger dead 
weights with increased loads, but these may be considered as part of the 
tankage. If the mass , of the tankage, including structural provisions, 
is assumed to vary as the two-thirds power of the fuel mass M,, then a 
change 6M, involves 4 corresponding change 6M, given by 


The total change in M, is then 
6M, = 6M, + 5M; = 5Mj[1 + [34] 


The ratio M,/M,; is the mass of the tankage per unit mass of fuel and is 
normally small. This means that as a first approximation 6M, can be 
taken as6M,. The corresponding changes in 6R and 6n will then be 


and 


If [27] is again used the relation on n becomes 
(1 — R)dVe/dR = [37] 


However in all of the trajectories investigated so far this last relation does 
not yield a real value of n larger than unity. When for example [25] and 
[31] are employed the relation becomes 


Also, if [25], [31], [85], and [36] are substituted in [26] it will be found 
that 6V pz, exclusive of the V, term, is positive. But a positive Vp when 
5M; is positive means that performance increases with the addition of fuel. 
In other words, the best vehicle which can be fitted to a given motor is the 
one having the most fuel. 


Conclusion 


The methods presented above have a number of advantages over calcula- 
tion procedures used heretofore. They not only give better speed and pre- 
cision than step-by-step processes, but any serious errors may be noted at 
once when making the successive approximations. Also, as the unknown 
quantities are small, such simple methods as the trapezoidal rule may be 
used to carry out the integrations. The final form of the results is direct 
reading in the most important parameter, mass ratio, while Equation [26] 
will be found to be a powerful tool for estimations of the effect of small 
changes of the variables. 
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THE PROSPECTS OF JET-REACTION 
FLIGHT—PART IE 


By Eugen Saenger 


Consulting Engineer, Paris, France 


In Part I of this paper, Dr. Saenger characterized jet-reaction 
flight as a ‘‘new branch of aeronautical engineering.’”’ He reviewed 
the introduction of the resonance duct and discussed the two 
systems of jet-aircraft propulsion: Ramjet propulsion and rocket 
power plants. Part I was concluded with discussion of rocket- 
engine combustion chambers. Part II carries on the discussion by 
taking up special problems involved in design of rocket-engine 
flame nozzles. 


LAME NOZZLE: The flame nozzle of a rocket gives rise to a whole 

series of special problems. Since its purpose is to achieve the super- 
critical expansion of the combustion gases, it consists, like a Laval duct, of 
a convergent part extending to the narrowest cross section f’, and of a 
divergent section continuing up to the outlet cross section fn . 

According to the already-mentioned formula, the effective efflux velocity 
in the narrowest cross section, with x = 1.25, already amounts to about 
60 per cent of the value theoretically obtainable through expansion, so that 
the thrust contribution of the divergent part of the duct does not exceed in 
practice about 20 per cent of the theoretical maximum thrust, whereas the 
remainder, because of the ‘constructionally impossible size of the cross- 
sectional areas, is lost anyhow. Nevertheless, in view of the great impor- 
tance of gaining every bit of effective efflux velocity, great attention is also 
attached to the divergent part of the duct. 

The characteristics of the supersonic flow in the divergent part, particu- 
larly the sharp decreases in pressure in the direction of flow (which preclude 
any breaking away of the boundary layer), enable very considerable angles 
of aperture to be utilized, which can be a multiple of those of a Laval duct. 
As a result, in spite of the large absolute cross sections, the duct is short 
and the critical walls, touched by the flames, shrink considerably. 

In the case of conical-shaped divergent parts featuring total angles of 
aperture of over 25 deg, the obliquity of the exterior velocities of the gas 
jet relative to the axis of the duct entails a noticeable decrease in thrust. 
In such cases a curved generating line is used to redirect the gas jet parallel 
to the rocket axis at the outlet, so that even in the case of large angles of 
aperture, there is no dispersion of the impulses at all, and one obtains the 
same thrust as with a long Laval duct. For the particular case of rota- 
tionally symmetrical ducts, even for variable values of x, three dimensional 

1 Reprinted from Inter Avia, vol. III, October, 1948, pp. 557-565. The third and 


_ part of Dr. Saenger’s paper will appear in the September, 1949, issue of the ARS 
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curves of supersonic flow were plotted in order to calculate these generating 
lines. Working out their form for more general conditions, however, calls 
for further research. 

This applies especially to the behavior of the combustion gases during 
the actual expansion. In order that the chemical equilibriums in the com- 
bustion gases may establish themselves practically completely after a major 
change of state, it has been seen from experience that it is necessary for 
every molecule to be subjected to about 10’ collisions. The mean number 
of collisions which a molecule receives per second being Z = 107 p/+/T 
(independent of the gas pressure p and the absolute gas temperature 7’) 
—for example, Z = 1.6 X 10" for p = 10° kg/m? and T = 4000 K— 
reveals that the requisite reaction periods of about 10~‘ sec can easily be 
coped with during the gases’ storage life of 10-* sec in the combustion 
chamber, and that the chemical equilibriums will be well established. 

Flowing the distance / along a duct, the number of collisions of a molecule 
is about Z’ = (10’p/+/T) (l/@), wherein @ indicates the mean velocity of 
flow per unit of time. In the narrow section of the flame nozzle, this num- 
ber will exceed 107 if 1 = avi > 0.06 m in a 100-atmosphere rocket and 
superior to 0.6 m in a 10-atmosphere rocket. The establishment of equilib- 
rium in the narrow section will hence be achieved with a larger degree of 
probability in large high-pressure rockets than in small low-pressure rockets. 

In the divergent section of the nozzle with its lower pressures and higher 
velocities of flow, the distances of flow | necessary so that the equilibrium 
may be established are so considerable that even in large high-pressure 
rockets the establishment of the chemical equilibrium may not be counted 
on with absolute assurance. 

The problem of establishing the equilibrium of the combustion gases in 
the flame nozzle is nevertheless of great practical importance, since it can 
give rise to differences in efflux velocity of over 10 per cent. Apart from 
this, the configuration of the duct itself is dependent on it—for instance, 
smaller values can apply in the narrow section than the divergent one— 
and its advantages are presumably favored by large high-pressure rockets, 
so that development will in all likelihood proceed in this direction. 

Meanwhile, there is a whole series of other reasons for this develop- 
mental tendency, such as the lower thermal dissociation from the start 
when the combustion pressures are high, the larger drop in pressure utiliz- 
able in the expansion and the concomitant improved transformation of 
enthalpy into kinetic energy, the smaller rocket dimensions and smaller 
areas touched by the flames, and the resultant decrease in total heat trans- 
mitted. 

Fire Walls: An arbitrary increase of the combustion pressures and tem- 
peratures is primarily limited by the impossibility of constructing suffi- 
ciently resistant fire walls. 
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In practice, these walls are always crystal lattices with the least possible 
permeability for the particles of combustion gas involved, in order to be 
able to direct the latter in the direction of the axis of the rocket. 

It follows from the constant lattices available in practice, of about 
10-* em, that a more or less complete impermeability can be attained only 
for particles of similar magnitude, such as molecules and atoms, whereas 
nuclear particles, electrons, photons, etc., are generally absorbed to a 
large extent, or even penetrate partially through the walls. With rising 
combustion temperatures, especially in the domain of atomic fuels, the 
proportion of these particles in the combustion gas increases strongly, to 
such an extent that the usually resistant combustion-chamber walls become 
in principle less and less efficacious and more and more permeable. 

The question of whether the field forces of the crystal lattice, which are 
insufficient under these conditions; might be replaced by electric fields 
sufficiently effective for reflecting at least all electrically charged flame 
particles, is still unsolved. 

For some time to come, the construction of fire walls for rockets will be 
restricted to reflecting the major energy carriers (atoms and molecules) 
under the supposition that the walls absorb energy, feeble for the time 
being, in the form of photons and electrons. 

This radiation contribution of the heat transmission from the combustion 
gas to the walls still requires a great deal of clarification, especially as re- 
gards the components resulting from the nonequilibrated state of the com- 
bustion gases, such as chemiluminescence, etc. Nevertheless, it seems 
certain that, within the range of combustion temperatures interesting us 
for the time being, thus up to equilibrium temperatures of about 5000 K, 
the total radiation of the combustion gases will not exceed 10 to 20 per 
cent of the radiation of an equally hot black body. 

Meanwhile, the reflection of larger particles, such as atoms and mole- 
cules, from the wall is by no means elastic, i.e., without loss of energy. On 
the contrary these particles penetrate into the wall, where they assume 
the temperature of the crystal lattice, and after a finite period of time 
emerge at a velocity corresponding to the temperature of the lattice, in an 
arbitrary direction, with the result that the reflection is at once diffuse and 
plastic. 

If the molecular mean free paths were comparable with the dimensions 
of the combustion chamber, the enthalpy furnished to the gases would com- 
municate principally with the walls and not lead to high efflux velocities. 
It is only thanks to the small mean free paths that each gas particle does 
not come into contact with the wall, but only a certain number of the par- 
ticles from the thin boundary layer of the flow, so that only the zones 
of the boundary layer close to the wall are cooled to the wall temperature, 
whereas the layers of gas situated farther away from the wall lose but very 
little of the enthalpy by convection. The mechanism of this gas convection 
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for short mean free paths and small velocities of flow is sufficiently known 
for one to be able, in numerous instances, to calculate the transmission of 
heat in keal/m*h with the formulas of the Merkel type: 


Q/F = 0.075(w-p-g-cp)-™ AT... [13] 


wherein the symbols represent, in the above order, the quantity of heat 
(keal), the area (m2), the velocity of flow (m/h), the density of the gases 
(kg h?/m‘), the acceleration of gravity (m/h*), mean specific heat of the 
gases (kcal/kg K), the mean thermal conductivity of the gases (kcal/mh K), 
the length of the flow (m), and the variation of temperature in the boundary 
layer (degrees K). 

It is evident that the density of flow pw exercises a major influence on 
the transmission of heat, which clearly explains the fact that the trans- 
mission of heat is very critical in the narrowest cross section of the rocket, 
and can attain values varying between 1 and 10 hp/cm?. 

Nevertheless, the hypotheses used in this calculation apply only in great 
approximation to the combustion gases of a rocket, e.g., because the low 
temperature of the boundary-layer zones located near the walls gives 
rise to a strong recombination of the dissociated combustion gases, entailing 
a considerable transmission of heat direct to the wall, and because at sonic 
and supersonic velocities of gas flow, the strong ram-temperature effects 
in the boundary layer increase the drop in temperature. Hence the study 
of convection in these conditions is also a predominant research problem 
of rocket-propulsion technique. 

According to proposals put forward by H. Oberth, successful trials were 
made to diminish the convection at the fire walls by means of thin films of 
cool vapors or gases flowing between the wall and the combustion gases, 
which remained there for a long time, especially when the supersonic flow 
was stable. 

Since the combustion gases always contain a large number of ions, one 
could imagine a way of compelling the entire mass, or at least the boundary- 
layer gases near the wall, to move in a given manner by electrically in- 
fluencing these ions, and thereby also reducing the transmission of heat by 
convection. 

The reverse problem arises on the other side of the walls touched by the 
flames (these walls are mostly only a few millimeters thick) where the 
transmission of heat .in the coolant-boundary layer, with a limited drop in 
temperature, must be equal to the transmission of heat on the flame side. 
Hence, there must be a tendency toward coefficients of transmission of heat 
which are as high as possible. These coefficients depend (in a manner 
which is still very vague) on the characteristics of the coolant (thermal 
conductivity, specific heat, density, temperature, pressure, velocity of 
flow, viscosity) and on the characteristics of the coolant’s channels (area, 
cross-sectional dimensions). 
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Since a major use will be made of liquid coolants (fuels, water, liquid 
metals), it must be remembered that the peak temperature in the zones near 
the wall of the coolant-boundary layer will frequently attain the boiling 
point of the coolant at the pressure existing in liquid; the coolant thus being 
subjected to local vaporization in these boundary-layer zones. The tur- 
bulence transports this vapor in the cooler boundary-layer zones where, 
in the free flow of the coolant, it immediately recondenses, so that trans- 
portation of intense heat can be achieved through the medium of the 
vaporization heat, and the cool-edge wall can be kept practically at the 
temperature of vaporization of the coolant. Nevertheless, if the vaporiza- 
tion zones spread over large areas of the boundary layer, or even as far as 
the free flow of the coolant (i.e, if the entire mass of the coolant begins to 
vaporize), the condensation and the transportation of heat stop suddenly, 
the coefficient of transmission of heat drops at once, and the cool-edge 
temperature rapidly attains menacing values. 

Not until considerable parts of the coolant mass have vaporized will the 
general velocity of the flow, in view of the low densities, increase sharply 
enough for the heat-transfer coefficients to resume utilizable values. 

By augmenting the pressure in the coolant, these dangerous phenomena 
of the initial boiling can be kept down, and made almost to disappear at 
pressures exceeding the critical pressure. For example, it is known that 
the overheated vapor from water at a pressure superior to 100 atmospheres 
yields, already at velocities of a few meters per sec, transmissions of heat 
which are just as favorable as those of water. 

Hence, whereas we have been able to determine that there is a tendency 
toward high pressures for the combustion chambers of rockets, this char- 
acteristic applies all the more to the cooling channels. 

High heat convection is physically coupled with high frictional drag in 
the boundary layer of the coolant, and to overcome this it is inevitable that 
there be strong losses of pressure in the cooling circuit. The demand for 
high coolant pressures puts a provisional limit on the velocity in flat cooling 
sleeves, this being for reasons of mechanical resistance. Working under 
such conditions, cooling systems of numerous different designs, using limited 
combustion temperatures, have revealed adequate convection and thus 
proved their practical usefulness. 

With a tendency toward higher efflux velocities, i.e., in the majority of 
cases toward higher combustion temperatures, it is necessary to have, at 
least locally, an increase in the velocity of the coolant in the region about 
the neck of the duct, and this is accomplished by narrowing the coolant’s 
flow cross sections and by using systems with forced circulation. 

By connecting the two walls of the channels by means of partitions, one 
can fortunately form cooling channels of which the mechanical resistance 
is similar to that of tubular sections and sufficiently high to withstand the 
increasing pressures in the coolant. 
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These rocket fire walls divided into several channels for resisting the 
pressure of the coolant and its forced circulation, are today regarded as 
representing a more or less definite solution which can satisfy rigid demands 
as regards combustion temperature and pressure. 

Since the decrease in specific consumption, which can be expressed as an 
increase in the rocket’s effective efflux velocity, is limited by sufficient cool- 
ing of the walls, it seems that, under extreme conditions such as atomic com- 
bustion, it is not excluded that one could arrive at a solution involving a 
combination of the forced circulation of the high-pressure coolant, cooling 
by means of “films,” and perhaps cooling through the medium of an electric 
field. 

The important problem of cooling rockets is further complicated by the 
fact that, physically speaking, the plastic collisions of the combustion-gas 
particles, from molecules to photons, against the atoms of the crystal lattice 
of the wall endow these atoms with vibrations of such magnitude that the 
lattice tends to collapse before its atoms can radiate sufficient energy. 
Expressed technically, this means that the softening points of all known 
construction materials, which attain a peak temperature of nearly 4000 
C in graphite, is too far below the combustion temperature to allow for the 
establishment of an exchange of heat in stationary state. 

Thus, it is often no longer the softening point or the beginning of chemical 
changes which are alone determinant for the choice of constructional ma- 
terials for cooled walls, but the exchange of heat possible for a given strength 
of the wall; for instance, the product of the thermal conductivity \, the 
difference between the fire-edge temperature t, and the cool-edge tempera- 
ture t, used, and the pertinent high-temperature stability o of the con- 
structional material. The material-quality index, X(t; — t,)o, thus ob- 
tained reveals that materials such as aluminum, copper, iron, nickel, 
austenitic nickel-chromium steels, platinum, iridium, tungsten, etc., are 
the most favorable, according to the temperature chosen for the cold wall. 

Since, on the other hand, the difference between ¢, and the coolant 
temperature has been seen to determine the transmission of heat from the 
cooling side, this difference must therefore be as high as possible and devel- 
opment will proceed in the direction of materials having high quality indices 
at high ¢, values, such as austenitic steels, platinous metals, sinter metals, 
carbides, ete. 

Finally, it can prove useful to use even multilayered fire walls, in which 
the constructional materials of the different layers are scaled according to 
the temperature to which they are subjected, and the mechanical functions 
are handed over to the most suitable materials in the cooler zones of the 
wall (e.g., enameled steel, chromium plating, protective layers of sinter 
ceramic, plated metals, etc.). 

Fuel Supply: One of the most important secondary problems connected 
with pure rocket propulsion concerns the delivery of fuel from the tanks 
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against the constant high combustion pressure in the chamber. A standard 
pumping system, with fuel pump, oxygen pump, driving turbine, and even- 
tually coolant pump on a common shaft, seems to have been adopted, 
whereby high-speed centrifugal pumps are always used for distributing 
large quantities of fuel. 

Meanwhile, however, there still exists a divergency of opinion on the 
source of energy for the driving turbine. The frequently used process of 
producing overheated steam in a special generator, e.g., by dissociation of 
hydrogen peroxide, may only be regarded as a particularly simple initial 
solution, because the supplementary consumption (of about 2 per cent in 
\-2 rockets) is already noticeable and increases rapidly with the combustion 
pressure. 

The extraction of a suitable fraction of combustion gas from the rocket’s 
combustion chamber—extracted gases are led into the auxiliary turbine 
after suitable cooling—indeed yields a lower consumption, but also gives 
rise to secondary problems as regards cooling and brings to light the 
familiar gas-turbine worries in connection with the auxiliary turbine. 

A system which is more complicated from the constructional standpoint 
but entails no supplementary consumption, consists in vaporizing the cool- 
ant with the aid of the transmission of heat through the walls of the rocket, 
and utilizing this vapor for driving the auxiliary turbine; in condensing 
the coolant in condensers cooled by liquid oxygen, and in subsequently 
returning it to the cooling circuit of the rocket. It may safely be assumed 
that this process will find application, especially in large high-pressure rock- 
ets placing rigid demands on effective efflux velocity. 
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FIG. 9 GENERAL ARRANGEMENT OF THE MAIN COMPONENTS OF A ROCKET POWER PLANT, 
DRAWN INSIDE THE REAR FUSELAGE OF A ROCKET AIRCRAFT 
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In this case, rockets with forced cooling work like high-pressure radiation 
steam boilers with forced circulation, of the same type as the Benson, 
LaMont, Velox, Sulzer, etc., boilers which they also resemble construction- 
ally in many ways. 

General Arrangement: Fig. 9 shows diagrammatically the general 
arrangement of chemically propelled rockets of this type. 


Reaction Aircraft 


Alongside the power-plant characteristics, the main basis to the con- 
struction of reaction aircraft is high-speed aerodynamics. Apart from the 
flow phenomena at speeds close to that of sound, which are already to the 
forefront, the aerodynamics of rocket aircraft are concerned with three ma- 
jor domains: That concerned with moderate supersonic speeds up to about 
Mach 5; that of high Mach numbers approximately between 5 and 30; 
and the domain of great flight altitudes where the molecular mean free 
paths are large. As regards their characteristics and constructional con- 
sequences, these three domains are very different from one another. 
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FIG. 10 THEORETICAL POLAR CURVE OF A SYMMETRICAL LENS-TYPE AIRFOIL SECTION 
d/t = 0.1 for v/a = 1.5 and Re = 107 (two-dimensional flow) 

Laminar frictional drag at Re = 107 

(Equation of force polars: 


\ 1.327 Vv?/a* — 1,2 
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Moderate Mach Numbers: Characteristic for this range of supersonic 
velocities from v/a = 1 to 5 is the behavior of thin sharp-edged airfoil 
sections of infinite span as clarified by Ackeret. 

Referred to the dynamic pressure g = pv?/2, the local positive and nega- 
tive pressures Ap are proportional to the local angle of incidence a,, in 
accordance with the relation: 


Ap _ 2az 
If one applies this simple pressure law to a biconvex symmetrical airfoil 
section such as that shown in Fig. 10, for example, which has the thickness 
d and the chord ¢, one finds the distribution of the linear pressure diminish- 
ing with the chord of the airfoil section, both on the suction side and the 
pressure side; this indicates that the center of pressure always coincides 
with the center of gravity of the airfoil section, and that this consequently 
fulfills the demands made of an ideal laminar airfoil section. By inte- 
grating the pressures, it is easy to find the classical coefficients of the airfoil 
section: 


1.327 
[15] 
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FIG. 11 THEORETICAL POLAR CURVE OF A RHOMBIC AIRFOIL SECTION 
d/t = 0.1 for v/a = 1.5 and Re = 10? (two-dimensional flow) 


Equation of force polars: 
Vv?/a? — 1\t Re 4 
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wherein the first term represents the drag of a flat plate, the second the drag 
arising from the finite airfoil thickness, and the third from the laminar fric- 
tional drag. 


In the case shown here, v/a = 1.5, Re = 10’, d/t = 0.1; one therefore 
finds an optimum lift-drag ratio (¢./¢») max = 4.35 at c, = 0.415. 

By applying Ackeret’s theory to a rhombic airfoil section of the type 
shown in Fig. 11, one arrives at the corresponding formulas: 


4a V(v?/a?) 4 d\? 1.327 
= Cy a 2 —.. (16 
V (v2/a?) — 1 4 + V Re 16] 


For the same example as above, one finds an optimum lift-drag ratio of 
about (ca/Cw)max = 4.91 atc, = 0.36, thus a noticeably superior lift-drag 
ratio in so far as one can still count on the same degree of laminar friction as 
in the preceding example, notwithstanding the less favorable distribution 
of pressure. 

These characteristics have made the rhombic airfoil section very inter- 
esting for supersonic wings, and this all the more because in the subsonic 
domain one may anticipate values of c, which are sufficient, and relatively 
independent of the Mach number, owing to the fact that the flow along the 
suction side breaks away entirely. 

The sharp leading edge of supersonic airfoil sections, contrary to the 
rounded edge of subsonic sections, suppresses the drag-producing shock 
wave perpendicular to the wing flow in front of the vertical tangential 
plane of conventional airfoil sections, in such a way that this plane is, so to 
speak, turned through 90 degrees about the horizontal axis of the wing. 
Attempts have also been made to turn this plane about a vertical axis, in 
order to postpone the vertical shock wave with sharp sweepback of the 
rounded leading edge, but the angles of sweepback are of course limited in 
this direction. Mach 2, for instance, demands angles of sweepback of over 
60 degrees, which goes to say that, however valuable this procedure may 
be in the sonic domain, one rapidly comes up against a brick wall when the 
flying speeds continue to increase. Nevertheless, it is quite justified for 
sonic aircraft powered with ramjets since it gives unperturbed flight at 
sonic speed. 

Another important problem in connection with supersonic flow is that 
incurred by the increase in temperature at AT owing to the friction in the 
boundary layer, and by the resultant transmission of heat through the 
outer walls of the aircraft. At present one calculates for AT’, for laminar 
or turbulent boundary layers, about 85 per ¢ent of the increase in tem- 
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perature due to the isentropic compression of the air outside the boundary 
layer, thus: 
v? v? 

AT = = {18] 
if the wall touched by the boundary layer is itself subjected to this increase 
in temperature. In the case of the flat plate positioned parallel to the 
direction of flow, v is therefore the flying speed and AT has to be added to 
the temperature T of the undisturbed ambient air. In the case of curved 
bodies, around which, with the exception of the boundary layer, the flow is 
entirely isentropi¢, the local temperatures and velocities outside the bound- 
ary layer may be zonally superior or inferior to the corresponding values 
in the undisturbed ambient air, so that the values of AT’ are superior or 
inferior to those they would assume in the case of the flat plate; conse- 
quently the maximum temperature of the boundary layer, because of the 
varying contribution of the nonisentropic heating of the boundary layer, 
may be higher than in the case of the flat plate (up to full ram tempera- 
ture T,, = T + v?/2gc,) or, in the overspeed zones, lower than in the case of 
the flat plate. 

In cases of nonisentropic flow, shock waves, breakaway of the boundary 
layer, cooler wall, ete., the boundary-layer temperature will be lower 

At all events, all the surfaces of the aircraft touched by the relative wind 
are covered with a snugly fitting layer of hot air, the temperature of which, 
e.g., at Mach 5, is about 1000 K above that of the undisturbed ambient air. 
This layer heats the aircraft considerably by transferring heat to the walls; 
little research has been effected so far on this transmission of heat. 

High Mach Numbers: Within the range of the high Mach numbers, the 
approximate formula devised by Ackeret, Ap/q = (Cia, is no longer suf- 
ficient. Account must therefore be taken of the higher terms of the series: 


Ap/q = *Ciaz + Coaz? + (C3 — D)az? +................. [19] 


until, for v/a— ©, there remain only the relations of the oblique shock wave 
to the high Mach numbers: 


pv? sin? at; Ap = p; AT = [20] 

With the increasing velocities of shock, the interior degrees of liberty of 
the molecules will participate to an increasing extent in the absorption of 
energy, notably through energization of the oscillation quanta of the Ne, O2 
and H.0. Finally, in view of the oscillation, excitation of electrons, and dis- 
sociation of these molecules, the specific heat c, will increase sharply, and 
x will deviate from its usual value of 1.4 in order to tend toward unity. 
The resultant increasing isothermic flow, AT = 0, creates directly on con- 
tact with the walls a shock with infinitely large air density, Ap > ©; one 
can calculate the contribution of pressure arising from the shock im- 


Ap = 


= 
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pulses of the molecule according to the old formula of Newton, p/q = 
2 sin? a, especially since the initial molecular agitation of the air owing to the 
heat is negligible in comparison with the great flying speed v. 

After the shock against the body, the air shifts along the surface of the 
body as an infinitely thin layer, at a constant speed, along geodetic lines, 
so that one can calculate the centrifugal forces acting on the air flow after 
the shock and, in consequence, the total pressure on the body. 

When the wall is flat, the molecules of air are subjected to no accelera- 
tion after having encountered the wall, and the air flow receives no further 
impulse, so that the total pressure amounts to p/q = 2 sin? a. 

When the wall is curved in the direction of flow, the layer of gas flowing 
along the wall must follow this curvature, and is subjected to accelerations 
perpendicular to the wall, which gives rise to additional pressures in the 
case of concave walls and to drops in pressure on convex walls. For a 
constant radius of curvature, one can, for example, calculate the total pres- 
sure on a lens-type airfoil section to be: 


: 3 sin? as 
p = pv’ sin (5 sin? [21] 
and on an ogive to be: 
4 11 — cos a; cos a + sin? 
= 2 2 
p = pv? sin 6 [22] 


wherein a;, represents the local angle of incidence of the surface element 
located farthest forward. In this case, the pressures therefore diminish 
rapidly, from the Newton value at the leading edge of the body toward the 
rear, and already disappear on the lens-type airfoil section when the still 
positive local angle of incidence amounts to a,+/3, and a little later on the 
ogival airfoil section, at a,/+/8. At these locations, the flow breaks away 
from the surface of the body, so that the mean pressures of the air on the 
curved surfaces are much below what they are on the flat surfaces. Sur- 
faces featuring a negative angle of incidence are of course subjected to no air 
pressure. 

If x is not equal to unity, the shock layer has a finite thickness in view 
of the fact that Ap/p < , and the shock then arises at an angle of az, 
which is slightly larger than the local angle of incidence «,, namely: 


az 2 
whence there result somewhat higher shock pressures: 


As we have seen, the particular laws which the aerodynamic forces 
obey at high Mach numbers lead to interesting technical consequences. 
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Fig. 12 presents the polar | 

curves, plotted accordingto ia 

oor 
the above relations, of a flat es | V ZR 
plate of infinite thinness,a WA San 
wedge-type airfoil section ,,, | |_| 
with a flat pressure side and | 
a thickness amounting to ,,,| 1” | 
/o of the wing chord in eon 4 


the second third of this eon 
chord, and finally of asym- —20# | 
metrical biconvex lens-type 
airfoil section (built up of °™ | 
two identical ares) likewise 


| | | 
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having a thickness amount- 
ing to '/20 of the chord. In 
the domain of Mach 1 t» 5, 


0003 
one can apply the linear 
namic forces in function of 
the angle of incidence of the 


surfaces under consideration rig. 12 POLAR CURVES OF FLAT PLATE (A), WEDGE- 
(Ackeret’s relation); here TYPE (B) AND LENS-TYPE (C) AIRFOIL SECTIONS, IN A 
hee FLOW GOVERNED BY GAS DYNAMICS, AT A MACH 
the positive pressures on NUMBER v/a = © 
the surfaces directed against 
the wind and the negative pressures on the surfaces featuring negative in- 
cidence are of the same order of magnitude, and the biconvex airfoil sec- 
tions have, as is known, better lift-drag ratios; in the Newton domain, 
on the other hand, where the aerodynamic forces vary with the square 
of the local angle of incidence and the pressures disappear in the 
“shadow” of the wind, the plano-convex airfoil sections (e.g., the flat- 
surfaced wedge-type section) are distinctly superior. In the domain of 
angles of incidence superior to the front ‘‘cutting” angle of the wedge-type 
airfoil section, this section is even as good as the flat plate. In this veloc- 
ity range, furthermore, the wedge-type airfoil section has the remark- 
able characteristic that the otherwise rigid demand for thinnest possible 
airfoil sections loses in importance, to such a point as to allow, in the 
limit case, for an airfoil thickness such that the upper surface of the wing is 
situated entirely within the “shadow” of the wind. 

The inferiority of the biconvex section in comparison to the plano-convex 
section within the velocity range under consideration here, partly arises 
from the fact that superior angles of incidence lead to inferior lift-drag 
ratios, also, from the circumstance that, as the pressure varies with the 
square of the angle of incidence, the large angles of incidence of the forward 
elements of the airfoil sections make themselves more noticed than the 
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smaller angles of incidence 
of the rear elements; the 
result is therefore a lift- 
drag ratio which is inferior 
than in the case of the 
average angle of incidence 
of the flat lower side of the 
plano-convex airfoil section. 


Besides this, the inferiority 

# | of the lens-type section 
| & arises from the fact that, all 

a | | conditions being the same, 
the curved surfaces are sub- 

i | jected, owing to the centrif- 
ae, | ugal effect, to lower normal 

00 06 oe ew pressures but to approxi- 


~ mately the same frictional 


FIG. 13 POLAR CURVES OF BODIES OF SAME LENGTH 
AND FRONTAL AREA, PLACED OBLIQUELY TO THE - forces as the flat surfaces of 
DIRECTION OF FLOW (CONE, OGIVE, AND SEMIOGIVE wedge-type sections,’so that 


A FLOW OOVERNED GAS FORAMACH Jarger surfaces are Necessary 
REFERRED TO FRONTAL AREA) for obtaining the same 
amount of lift, the result of 

which is not only greater weight, but also higher frictional forces. 

In principle, these considerations may also be extended from airfoil sec- 
tions to bodies exposed to three-dimensional flow. 

Fig. 13 presents the polar curves of three bodies placed in a three-dimen- 
sional flow; they have the same frontal area and the same heights, and 
their configuration would be suitable for a fuselage nose. 

Whereas the cone and the ogive are approximately equivalent as regards 
lift-drag ratio, the semiogive, engaged at its flat cross section, reveals a con- 
siderable superiority having an optimum lift-drag ratio of 1/e = 4.12. 
This circumstance is of decisive importance in designing the fuselage of a 
high-speed rocket aircraft. It teaches us that, at high Mach numbers, the 
pointed or cutting forward extremity of flying bodies must feature such a 
form that the pressure side of the wing (which furnishes the lift) is not 
curved in the direction of flow, and that the upper part consists as much as 
possible of surfaces “‘sheltered’”’ from the wind whereby the inevitable re- 
maining surfaces of the upper part, of which the incidence is still positive, 
should feature a convex curvature following the direction of flow. 

There exists considerably less clarity in connection with the problems of 
the boundary-layer temperature and transmission of heat to the walls at 
high Mach numbers than there does at moderate Mach numbers; and 
these problems are delicate. 

Although it seems that, because the molecular oscillations and excita- 
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tions and the dissociation 
begin to make their effects 
felt, the boundary layer is 
always limited to a magni- 
tude of a few thousand de- 
grees, it must nevertheless 
be taken into account that 
the transportation of heat 
io the walls by dissociated 
molecules, which recombine 
on these walls, can be high. 
All the same, only the air- 
craft surfaces featuring posi- 
tive angles of incidence are 
submitted to this “heating,”’ 
and it must still be examined 
as to what point the heat 
transmitted by convection 
can be restituted to the 
ambient medium, by spe- 
cially strongly heated radia- 
tion surfaces, for example, 
of titan-carbide, tungsten- 
carbide, etc., 
with the aid of nonstation- 
ary flight. Fig. 14 presents 
diagrammatically the favor- 
able flying-speed ranges of 
biconvex and plano-convex 
flying bodies. 

Great Flight Altitudes: 
Like gas dynamics, aero- 
dynamics is based on the 
supposition that the me- 
dium under consideration 
is continuous; 


eventually - 


p = k v4) 
(e.g Newton's formula) 


Ap=k(ev) 


(e.g. Ackeret’s formula) 


Dynamic pressures on 
Surfaces at positive an- 
gies of incidence 


Ap (av) 


Dynamic pressures on 
surfaces at negative an- —>0 
gles of incidence (e.g. Ackeret's formula) 
Aerofoil sections with 
optima Inft/drag ratios 
Piano-convexr wedge-type 
Biconvex rhombic section section 


Fuselages 
optima lift ratios 


Ogive Semi-ogive 


FIG. 14 FAVORABLE SPEED RANGE OF BICONVEX AND 
PLANO-CONVEX SUPERSONIC FLYING BODIES 
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FIG. 15 WALL TEMPERATURE 7'y OF A FLAT PLATE 
IN AN ATMOSPHERE COMPOSED OF 86 PER CENT N2 
AND 14 PER CENT O:, WITH A DENSITY p = 1077 KG 
SEC?/m‘ (THUS IN FLOW DOMAIN GOVERNED BY GAS 
KINETICS), FOR DIFFERENT FLYING SPEEDS v/a AND 
DIFFERENT ANGLES OF INCIDENCE 


for a molecular mean free path of 10-7 m for air at sea 


level, compared with the dimensions of technical bodies, this supposition 


seems to be justified. 


But already at 40,000 m altitude, the molecular mean free paths attain 
over 10~5 m and are about equal to the thickness of the laminar boundary 
layers; at 120,000 m altitude they amount to about between 1 and 10 m, 
thus being of the same order as the dimensions of the aircraft; at 200,000 m, 


they run into kilometers. 


From the mass of the gas molecules colliding per 


sec with the unit of area of a flat plate: 
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wherein pis the density, cz = V 29RT the most probable molecular velocity, 


v the flying speed and a, the local angle of incidence, one easily calculates 
the quantity of heat trans- 


a fal 3 a8 mitted to the plate, which 
‘aa | one can, for example, make 
| equal to the radiated heat. 
In this way one obtains the 
| interesting Fig. 15, giving 
ae bows the temperature of the wall 
T,, of an aircraft at 100,000 
m versus the local angle of 
ons | | a bes incidence and the Mach 
ozs | = number. The resultant wall 
020 }—+ temperatures, which are al- 
ars | ways moderate, would be 
ow jas still lower at greater alti- 
oes | | | | tudes, but higher at lower 
200 ie |_| altitudes. 


Q 02 03 04 05 06 OF 08 
» As soon as the wall tem- 


FIG. 16 POLAR CURVE OF A FLAT PLATE OF INFINITE peratures are known one can 
THINNESS IN A FLOW GOVERNED BY GAS KINETICS, . 
calculate the aerodynamic 


FOR DIFFERENT FLYING SPEEDS 
forces, such as the normal 
pressures p, friction of the air 7, through the medium of the following rela- 
tions, partially due to J. Bredt: 
P _ _ tr [26] 


q q 


— sin? a, 


= = sinaz ; + (sin act 
( 


z=0 
ink Vcr cu (v2/c?7) sin az (1 gore i) 
q 2 vo 2 ai, 

z=0 
. . [28] 
e—(v2/c2,,) sin? az i 
= + cos az “73 sin C08 as (1 = ac) 


The upper signs refer to the elements featuring negative angles of incidence, 


(Continued on page 93) 


p= e J 

| 
tl 
ol 
Sc 
Tl 
bo 
ch: 
wh 
anc 
for 
whe 
of t 
tha 
ares 
res} 
shor 
as 
typi 
pare 
the 
Cur 
| diffe 
rock 
more 
Cury 
simil 
_...[29) | the a 
consi 


HYDRAULIC ANALOG OF FLOW THROUGH 
SUPERSONIC NOZZLES 


By Hilbert V. Schenck, Jr. 
Jun. ARS, Student, Williams College, Williamstown, Mass. 


HERE are a number of interesting similarities between the flow of 

water in diverging-converging open channels and the flow of gases 
through supersonic nozzles. It is the purpose of this paper to consider some 
of these similarities. 

The apparatus used in this connection is similar to that described in the 
paper, “Approximate Supersonic Wind-Tunnel Simulator,’ by A. H. 
Schooley in the March-April, 1947, issue of American Journal of Physics. 
The actual testing portion is simply a nozzle-shaped channel with a level 
bottom. 

As can be seen from Fig. 1, the continuity equaticn for flow in en open 
channel of this shape is 


Mass-flow rate (F) = Vay = 


where x is the channel width at any point, y the water depth at that point, 
and V the velocity of the flow at zy. Similarly, the continuity equation 
for flow in a rocket nozzle is 


Mass-flow rate (F) = VpA = constant.................. {2} 


where A is the area at any cross section and p and V the density and velocity 
of the gas at that cross section. Comparing Equations [1] and [2] we see 
that 2, the width of the channel, corresponds to A, the nozzle cross-section 
area, and y, the water height, cor- 
responds to p, gas density. Fig. 2 ; @ Fee, | 

shows how the velocity and density ee 
as a function of relative area of a 
typical rocket nozzle (curve a) com- 
pare with the equivalent curves for 
the water analog (curves 6 and c). 
Curve 6 is similar in shape to a, 
differing mainly in magnitude, the 
rocket-nozzle velocity curve rising 


more rapidly in the diverging region. FIG. 1 GENERAL PLAN OF APPARATUS. 


Curve 6 shows considerably less 
similarity. Explaining the shape of 
the analogue curves would require a 
consideration of hydraulics far be- 
yond the scope of this paper. 
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WATER ENTERS AT @ FROM UPPER RESER- 
VOIR THROUGH PARALLEL VANES TO 
SMOOTH THE FLOW AND RUNS OFF AT } 
INTO LOWER RESERVOIR WHERE IT IS 
PUMPED BACK TO THE UPPER RESERVOIR. 
ARROWS INDICATE DIRECTION OF FLOW, AND 
DOTTED LINES SHOW FLOW LINES THROUGH 
THE CHANNEL 
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Experiments showed, how- 
~ pivencent | ever, that two factors in- 
q v fluenced these curves most 
45 ) markedly. They were: 
4 4 throat width and mass- 

yy eh Tests were run with throat 
widths of one and two centi- 
wet = meters. Whilethe exit veloc- 
= ce. ities from each were com- 


parable, the 2-cm throat- 
RATIO OF THROAT AREA TO CROSS-SECTION anca(A/a) 


channel (curve b, Fig. 2) 


FIG. 2 DIMENSIONLESS GRAPH OF VELOcITY aNp Velocity curve was more 
DENSITY REFERRED TO VALUES AT THE THROAT AS gimilar to the actual rocket- 


FUNCTIONS OF THE RELATIVE AREA. FLOW IS FROM ‘ 
LEFT TO RIGHT nozzle curve than that given 


by the 1-em throat channel 
(curve c, Fig. 2). Choking and capillary effects prevented the water in 
the narrow throat channel from falling as rapidly in the diverging sec- 
tion as it did in the larger channel. 

With all else held constant, a greater dm/dt gave better similarity be- 
tween curve a and the analogue curves. The higher mass-flow rate gave a 
higher head of water in the chamber section of the channel, and a higher exit 
velocity. As can be seen in Fig. 2, the flow velocity began to decrease at 
the wide end of the diverging section of the channels. The water would 
not fall below a height of about 3 cm due to bottom friction and surface- 
tension effects, and in spreading out the water maintained minimum height 
at the expense of velocity. 

From these considerations, it should be possible to build an analog that 
would give excellent results. The requirements would be: Adequate 
throat widths to minimize choking, and as large a mass-flow rate as possible 
to minimize the frictional and surface-tension effects previously mentioned. 
Although the increased water head and the resulting velocity increase would 
mean an increase of frictional forces, experiment showed that the velocity- 
ratio curves became more similar to those of an actual rocket nozzle as the 
energy (height of water in chamber section) of the stream was increased. 

Water, like compressible fluids, has two states of flow, tranquil and rapid. 
In tranquil flow, a surface wave can progress upstream, and critical flow 
occurs when the velocity of surface-wave propagation equals the fluid ve- 
locity; while in rapid flow the surface waves are swept downstream. In 
the nozzle shapes tested, the flow was tranquil (subsonic) throughout the 
converging portion of the channel, critical (transonic) at the throat, and 
rapid (supersonic) throughout the diverging portion. The critical ve- 
locity is related to water depth by Equation [3] if water depth is small com- 
pared to the wave length. 
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In the analog, the Mach number of the flow at the exit was calculated 
by considering the Mach angle of surface waves about a needle inserted at 
the exit, from the formula 


and also by computing V, from Equation [3] and using the definition of Mach 


number 


The values for M compared within 20 per cent for five channel shapes 
tested, with the Mach numbers computed from Equation [4] being the 
lower. The greatest Mach angle achieved with a pumping speed of six 
quarts per minute was 34 deg, Mach number 1.7. A pump capable of three 
times this speed should give Mach numbers comparable to those given by 
actual rocket nozzles, and curves (Fig. 2) that closely match actual rocket 
curves. 

Fig. 3 shows how a rocket firing into a region of high pressure may be 
simulated with the analog. By blocking off a portion of the exit, the 
water can be forced to rise in a hydraulic jump over the obstruction. In 
making the jump, the water loses kinetic energy, and its profile gives a pat- 
tern similar to a graph of density changes produced by compression shocks 
that occur if a supersonic jet is fired into pressures that are appreciable com- 
pared to its chamber pressure. If the barrier approaches the height of the 
water head in the chamber region, the water at no point exceeds the critical 
velocity, and the channel is similar to a Venturi tube. 

While the device described in this paper is far from satisfactory for actual 
nozzle design, an analog with the improvements suggested could have a 
number of interesting uses. Consider, for instance, the shape shown in Fig. 
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FIG. 3. GRAPH SHOWING RISE OF WATER 
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4. While this is a highly exaggerated shape, some drilled nozzles have 
straight portions at the throat. The gas in this portion would be predicted 
by formulas to maintain constant velocity, while in the analog it can be 
seen that the flow increased in velocity through the throat section. An- 
other phenomenon that was observed was the presence of oblique shock 
waves in the water stream issuing from the exit. There are similar shock 
waves in actual rocket jets, and their cause and behavior could be studied 
in the analog. 

Other uses could be: (1) Positioning of steering vanes in the nozzle by 
consideration of shock patterns produced; (2) the study of shock waves in 
thrust augmentors; and (3) the study of exhaust patterns with water 
flowing at varying velocities past the channel exit to simulate a rocket 
traveling in air. 
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News Notes 


HE U. 8S. Naval Aeronautical Rocket Laboratory (NARL), estab- 

lished in July, 1948, is expanding its personnel and facilities. Oper- 
ated under the Secretary of Defense by the Bureau of Aeronautics, the 
facilities of the laboratory, located at Lake Denmark, Dover, N. J., will 
be extended to all branches of the Government and to their civilian rocket- 
engine contractors. 

The officer complement is headed by Comdr. D. A. Seiler, assisted by 
Comdr. R. C. Truax and Lt. Comdr. F. C. Durant. Applications are 
now being considered for civilian positions as rocket-power-plant engi- 
neers, chemical engineers, and instrument engineers in grades P-1 through 
P-6. Some openings exist for mechanics and draftsmen with rocket ex- 
perience. Application should be made by Civil Service Form 57 obtain- 
able from all post offices. 


SIX Guggenheim Jet Propulsion Fellows for the academic year 1949- 
1950 were announced on May 16, 1949. They are: Princeton University, 
Frank W. Bailey, Newport, Vt., Frank Krieth, Los Angeles, Calif., and 
Sin-I-Cheng, Ann Arbor, Mich.; California Institute of Technology, John 
H. McNamara, Hanover, N. H., Robert V. Meghreblian, Los Angeles, 
Calif., and Hugh R. Wahlin, Madison, Wis. The fellows were selected in 
a nation-wide search on the basis of their technical ability, deep interest 
in rocket and jet propulsion, and demonstrated qualities of leadership. 
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DESIGN AND EXPERIMENTATION ON A BASIC 
ROCKET ENGINE 


By A. Bernstein,' F. D. Linzer,? N. Y. Rothmayer,’ and 
A. Sherman‘ 


Introduction 


HE authors of this paper have been interested for a long time in reac- 

tion-type motors. Knowledge on this subject could not be devel- 
oped solely from literature because of the lack of information available 
to the public. 

So it was with the goal of knowledge and experience in mind, that the 
idea to build a rocket motor was conceived during the spring of 1947. 

The design was based mainly upon ideal thermodynamic and perfect- 
gas relationships. Variable specific heat was accounted for, but dissocia- 
tion was not, since the temperature was not expected to become high enough 
to warrant it. Some empirical formulas were obtained from the AMERICAN 
Rocket Soctety Journals, and other reference books. With these as 
guides, the thrust cylinder was designed. 

Originally the design called for propellants of gasoline and compressed 
air, since these were readily available in the Mechanical Engineering Labo- 
ratory of the College of the City of New York. Thermodynamic calcula- 
tions, however, showed that the required air rate was 18.6 lb per min. 
This was far above the capacity of the air compressor in the laboratory 
and the design was therefore changed so that gasoline and compressed 
oxygen might be used. These appeared to be simple propellants and the 
oxygen, readily obtainable in tanks, could be stored when not in use. 

The design calculations have been omitted since they are relatively 
simple and would be too lengthy to include in this paper. Some of the 
major assumptions made were: 


combustion chamber volume - 70 


area of throat (in.?) 


With basic dimensions for this thrust cylinder determined, a layout was 
made to determine the best means of fabrication. Details of the various 
parts were then drawn up, and the required steel obtained. 

1 Picatinny Arsenal, Dover, N. J., Mem. ARS. 

2 Wright Aeronautical Corporation, Caldwell, N. J., Mem. ARS. - 

8 Kellex Corporation, New York, N. Y., Mem. ARS. 

4 Reaction Motors, Inc., Dover, N. J., Mem. ARS, Jun. ASME. 

Paper awarded the American Rocket Society Junior Award for 1949. 
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A setback to design occurred during December, 1947, when in reply 
to letters, several manufacturers answered that the steel desired was sold 
in minimum lengths of 100 ft. Its price as such was prohibitive. The 
stainless steel finally obtained was available in shorter lengths. It was 
cheaper and would stand up under our tests if they were not of too long a 
duration. 

A substantial amount of time was spent in the machine shop of the City 
College making the rocket motor. It was here that many changes had to 
be made on the plans previously drawn. The final thrust-cylinder as- 
sembly, however, was almost exactly as it had been designed. The other 
parts were improvised from sections of equipment in the laboratory. Due 
to lack of time it was decided not to construct an elaborate test stand until 
the motor had been proved reliable. 

The original design embodied what was thought to be the novel feature 
of mixing the propellants prior to their introduction into the combustion 
chamber. It was felt that this would give a more uniform combustible mix- 
ture. 

Upon completion of construction, the entire unit was set up in a sunken 
courtyard outside of the Mechanical Engineering Laboratory. An air 
tank, pressurized to 300 psig, was connected to the fuel tank and provided 
the necessary gasoline-injection pressure. Here another difficulty arose. 
The valves were poor and were not capable of withstanding the 300-psig 
pressure involved. They leaked and made it virtually an impossibility to 
keep gasoline from flooding the mixing chamber. In addition, the oxygen 
regulator was incapable of delivering the pressure required of it. 
Thus, when the propellant 
valves were opened on the 


first run a heavy spray of Sel 
line and loss of = 
gasoline and loss of oxygen <8 iL | q } 
through the exhaust nozzle Z 
occurred, the mixture being | 
too rich to burn. 
At this time there was ee | 
uncertainty of the ability 
of the gasoline to be ignited 
by the spark plug because 
the chamber was cold and | 
there might not have been Bowe . 
. . 
sufficient vaporization. It 
was decided, therefore, to =, 


use petroleum ether to 
initiate combustion of the 
gasoline. FIG. 2 SCHEMATIC SKETCH OF THE TEST NO. 1 SETUP 


: 
{ 
| 
} 
‘4 


82 ARS JouRNAL 


The following are summaries of the test logs which indicate experiences 
during testing. 


Rocket-Engine Run of April 16, 1948 


The spark connections were tested and found to be in good condition. 
Cooling water was turned on and leakage occurred through the spark-plug 
jacket, which had apparently broken off due to the weakness of the soldered 
joint. The spark was inoperative until the water evaporated. It was de- 
cided then to test the engine without water cooling for this run. 

All connections were tightened and the spark was found to be in working 
order. Petroleum ether was poured into the cylinder through the exhaust 
nozzle and allowed to evaporate as the oxygen was slowly turned on. 
The spark ignited the mixture and an explosion occurred. A sheet of red- 
dish-blue flame approximately one foot long and shaped like a Christmas 
tree shot out of the exhaust nozzle. At this time oxygen pressure was 20 
psig and was slowly being increased. All valves were closed after five sec- 
onds to determine if the test table, which was of wood, had caught fire. 
Having ascertained that there was no damage, the procedure was repeated. 
Oxygen pressure was increased as was the propellant flow. The exhaust 
flame was of an intense yellow color. Oxygen pressure was 20 psig and was 
being increased when a rushing noise was heard in the piping and flames 
spurted through the vent ports on the low-pressure side of the oxygen regu- 
lator. The fuel and the oxygen valves were closed immediately. During 
this test, which was of 20-sec duration, the engine continued to operate 
producing an exhaust flame approximately two feet long. 

Analysis: The breaking off of the spark-plug solder joint was due to the 
weakness of the solder. Silver solder should be used around the spark 
plug. 

In the first run the shape of the flame was due to the low-oxygen pres- 
sure and to the fact that the burning took place over the entire rear sur- 
face of the cylinder. This occurred because some petroleum ether had 
-been spilled on this surface during priming. 

This run could be considered partially successful since evidence of fuel 
ignition was observed by a difference in the character of the flame after the 
fuel valve was opened. 

The backfire could be explained as follows: 

Whenever combustion occurred in a confined space having inlet and out- 
let ports, the velocity and pressure of the incoming fuel mixture must be 
greater than that due to the combustion process or the mixture will 
turn back through the inlet piping. This was what was believed to have 
occurred causing combustion in the low-pressure side of oxygen 


regulator. 
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Under the operating conditions of this run it was verified that the flame 
front precedes the pressure wave, thereby rendering a flap-check valve in- 
effective. It could be assumed from this that any check valve relying upon 
a pressure differential for closing, would be ineffective in preventing a back- 
ward flame travel. 

It was felt that had the rated oxygen pressure and flow been obtained, 
the entrance velocity of the mixture would have exceeded the flame velocity, 
thereby preventing burning back. 

Recommended Improvements: Some suggestions for preventing burning 
back are: 


1 Utilizing the principle of the Davies miner’s lamp, several sections 
of the piping could be installed containing plugs of steel wool 
around which are wrapped rags saturated with cold water. The 
flame front after reaching the cold steel wool would radiate suf- 
ficient heat to it for the temperature to drop below that of kindling 
and be extinguished. 

2 Utilizing the principle stated above, a plug of sand of a uniform 
consistency held by wire mesh screens of suitable size could also be 
used. 

3 Obtaining full rated oxygen pressure at once by means of a petcock 
between the mixing and combustion chambers. This would insure 
a considerable velocity for the flame front to work against. 

4 Bubbling oxygen through a water seal to prevent the flame from 
entering the oxygen regulator. 


The oxygen regulator gave maximum delivery static pressure of 90 psig 
which necessitated recalculation of the diameter of the propellant orifices. 

During another test on April 23, it was decided to determine if the sup- 
posed vaporization difficulties of the gasoline could be overcome by pre- 
heating the mixing chamber. 


Rocket-Engine Run of April 23, 1948 


The fuel-and-oxygen mixture were ignited by the spark plug. Burning 
proceeded both out the exhaust nozzle and back through the inlet piping 
to the mixing chamber. Flame did not proceed past either the oxygen or 
gasoline ports. Everything was shut down immediately. The tubing 
which had been discolored by the heat and the mixing chamber were both 
cooled. After sufficient cooling another run was tried producing similar 
results. 

Noticing the discoloration of the globe valve between the mixing chamber 
and the combustion chamber, it was decided to close the valve partially in 
an attempt to increase the velocity of the incoming propellant mixture in 
order to combat the velocity of the back-burning products. Several runs 
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were attempted using dif- 
ferent degrees of valve 
closure. The optimum con- 
dition occurred when the 
valve was two-thirds closed. 
At this time a series of suc- 
cessive explosions was heard 
producing a bluish flame 
approximately 3 ft long out 
the exhaust nozzle. Be- 
cause of the back-burning 
the run could not proceed. 
It was then decided to re- 
move all sections of iron 
pipe situated between the 
mixing and combustion 
chambers and _ substitute 


. ‘ copper tubing. Another run 
FIG. sc ATIC SKETC TEST NO. 2S 
was attempted in which 


several rapid explosions oc- 
curred. Combustion was evident because the copper tubing directly 
upstream of the mixing chamber burned out completely. The flame 
emanating from this break was of a bright orange color moving at a high 
speed and resembled a blowtorch. 

Analysis: The mixing chamber was preheated with a blowtorch to insure 
better vaporization of the gasoline. This was believed to be unneces- 
sary in the light of test results. : 

The explosive velocity of the flame-front was reached before normal 
combustion velocity. This more than offset attempts to increase the enter- 
ing mixture velocity. From this it was evident that combustion would 
occur wherever a combustible mixture was present in the line. This de- 
velopment forced the conclusion that the mixing chamber was impractical 
and had to be discarded. Some form of outside carburation had to be sub- 
stituted. (See second schematic setup, preignition chamber, Fig. 3.) 

A new safety device (suggestion 4 in recommendations of April 16) was 
adopted. In the copper-tubing loop, the half of the tubing near the mixing 
chamber was discolored by heat while the other half was just warm. This 
can be explained as follows: 

1 The fuel-and-oxygen vapor filled the fuel line to the combustion 
chamber where the mixture was ignited. 

2 A combustion wave of explosive velocity traveled through the 
piping back to the mixing chamber where, 

a Combustion continued to occur, fed by the incoming mixture. 
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b This combustion was carried on in one half of the tubing until all 
the gases had burned out. 

ce Only in the vicinity of the flame-front did the copper tubing dis- 
color due to the extreme temperature of the flame. 

d Once past this flame-front the temperature dropped rapidly, 
leaving the remainder of the tubing undiscolored. 

Recommended Improvements: It was unnecessary to preheat the mixing 
chamber to insure good gasoline vaporization. Ignition would occur wher- 
ever a combustible mixture was in contact with a spark or flame. There- 
fore, the mixing chamber would be replaced with a small stainless-steel pre- 
ignition chamber connected directly to the thrust cylinder. 


Rocket Runs April 30-May 1 


The preignition chamber was constructed and incorporated in the thrust 
cylinder. The combustible mixture ignited and burned for approximately 
one second after which it ceased abruptly. The oxygen flow continued, no 
combustion occurred, and no fuel vapor was observed coming from the ex- 
haust nozzle. No further flow was possible despite full opening of fuel 
valve. 

All valves were closed. The fuel orifice was removed, cleaned, and rein- 
serted in the fuel line. The connections were closed and resealed. The 
same procedure was followed several times producing similar results. It 
was decided to enlarge the fuel orifice from a 0.020 to 0.035-in. diam. 

Starting procedure was répeated using the enlarged orifice. Combus- 
tion occurred and an intense white flame issued from the exhaust nozzle. 
It was approximately one foot long and bushy in appearance. The length 
of the run was 13 sec. 

After this successful run a series of eight more were made averaging 15 
seconds each with oxygen-delivery pressure of 145 psig. 

Analysis of Results: The fuel orifice of 0.020-in. diameter became clogged 
after initial combustion because of carbon deposits. This was caused by 
the following reactions: 

The initial fuel was injected into the chamber in a fine stream and ignited 
at the spark plug. The resulting combustion wave traveled back into 
the mixing chamber causing an instantaneous pressure rise. This was suf- 
ficient to halt the fuel flow momentarily, causing a stagnation of fuel in the 
orifice. The temperature of combustion caused the small quantity of fuel 
within the orifice to carbonize, thereby preventing fuel flow. Clearing the 
orifice was ineffective because of similar conditions prevailing during each 
run. 

Increasing the fuel-orifice diameter increased the fuel flow and the 
force with which it entered the mixing chamber. This was effective in 
preventing carbonization and indicated that for any set of chamber and 
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injection characteristics there was a minimum orifice diameter which would 
allow successful operation. No attempt was made to determine this 
diameter, but for the conditions of the test it was found to lie between 
a No 76 and a No 65 drill-hole size. 

Utilizing the larger diameter orifice, the engine operated successfully for 
the first time. The fuel could not be effectively metered by the needle 
valve because of the small flow of fuel. No shock waves were apparent in 
the exhaust flame. 

After disassembly of the rocket, it was found that the tips of the spark 
plug had disappeared. This was caused by the high temperatures and 
velocities in the combustion chamber which had melted the prongs. The 
spark plug worked effectively since the spark jumped between the rem- 
nants of the center prong and the outer ring. 

Recommendations: After this series of tests it was decided to mount the 
rocket vertically and also to use larger oxygen tubing so that the propellant 
flow could be increased, thereby increasing thrust. 

These series of runs were the first successful firings of a rocket motor, de- 
signed and built by students, at the College of the City of New York. 

Details of Vertical Mounting: The outer shell was rigidly mounted on the 
table with its longitudinal axis in a vertical position. Springs, equally 
spaced, were fastened to the outer circumference of this shell. The water- 
jacket and combustion-chamber assembly were placed within and suspended 
from these springs. This assembly could then move in a vertical direction 
on roller bearings. 

To record thrust, a rod was rigidly attached to the water jacket. The 
vertical displacement of the rocket, caused by the thrust, would move the 
rod, recording the spring deflection on a rotating drum by means of a 
pencil fastened to the free end of the rod. 

The springs were calibrated by placing known weights on the engine with 
water in the jacket and by recording the deflection of the springs. 


Rocket-Engine Tests of May 19, 1948 


Run 1: The mixture ignited producing a short blue flame. The length of 
the run was 15 sec during which it produced a maximum thrust of ap- 
proximately 15 lb. 

Run 2: The mixture ignited producing a short blue flame. The length 
of the run was approximately 10 sec at the end of which flame was ob- 
served emanating from the vicinity of the mixing chamber and the fuel was 
immediately cut off. A geyser of water shot out of the exhaust nozzle. 
‘This prevented any further tests for the day. 

Analysis of Results: The mechanism for recording thrust was not satis- 
factory. Due to the length and mass of the recording arm, the inertia 
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forees caused harmonic vibrations of the arm which were transferred to the 
indicator card. 

The source of burning around the mixing chamber was believed to have 
been due to the presence of gasoline in the water used for cooling the 
preignition chamber. There were two possible routes by which the 
gasoline could have reached the exterior of the chamber: 


1 Leakage at joint of the gasoline feed line and the mixing chamber. 
2 A burned-out spark plug allowed the unburned gasoline to mix with 


the cooling water. 


Upon investigation, it was found that the spark-plug had burned away 
allowing the gasoline to mix with the cooling water. The reason why the 
spark plug burned out rapidly was because it was not fully engaged at as- 
sembly. The ignition of this gasoline occurred when it impinged on the 
hot mixing chamber. Investigation proved that the fuel-line connections 
had been securely fastened. 

When the fuel was shut off and combustion stopped, the cooling water 
entered the chamber through the burned-out spark-plug threads. The 
continued flow of oxygen blew this water out producing the geyser-like ef- 
fect. 

Recommendations: 1 In order to prevent harmonic vibrations of the 
recording arm, the design was changed to that of a sheet metal ‘‘A”’ frame. 
This created sufficient rigidity in the vertical direction and permitted flex- 
ibility in the horizontal direction to insure constant stylus contact with the 
recording drum. 

2 Because of the deterioration of the spark-plug hole, it was decided to 
make another opening 180 degrees from the original hole which was to be 
redrilled, retapped, and plugged with stainless steel. 

These recommendations were adopted and another set of test runs con- 


ducted. 


TaBLE I OsservepD Data—Test on May 26, 1948 


Oxygen: 
Gasoline Tank Oxygen Cylinder Pressure Thrust 
Weight, Ib Cu ft at 70 F Ib psia Ib 

Time, Con- Con- Con- Before While 
Run ¢, sec Initial Final sumed Initial Final sumed sumed Firing Firing T i 
10.0 203.0 202.5 0.50 250 225 25 2.070 105 130 15 f 
13.0 202.5 202.25 0.25 225 212 13 1.078 95 130 12 5 


50 215 200 15 1.241 95 130 12 
2 20 199 15 1.241 95 130 9 
75 18 165 20 1.657 90 130 10.5 f 
2 172 157 15 1.241 90 130 7 : 


15.0 202.25 201.7 
14.1 201.75 201.5 
25.6 201.5 ° 200.7 
8.0 200.75 200.5 


wh 


= 
5 0. 
0. 
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Tasie IL Data 


Lb. Kinetic Specific Specific 
propellant 


gasoline 


Kinetic 


Lb. oxygen 
per 


tion oxygen Ib. gasoline 


fuel 
tion 


consump- §Combus- 


consump- 
tion 
G/T, 


Ib see/Ib 


Thermal 
efficiency 


energy 
per lb. 
gasoline 


per lb. 
propellant 


energy 
Specific of 
impulse propellant 
Ise, 


Exhaust 
gas 
velocity 
We 


Propellant 
consump- 
tion 

G, 


Run 


% Ib/Ib 


Ib/see Ib 


A/sec Ib sec/ft Btu/Ib Ib/Ib Btu/lb n, % 


Ib/sec 


4.14 
4.34 
2.48 


118.2 


0.0033 


0.0016 


0.0171 
0.0085 
0.0097 
0.0118 


1.72 
7.34 


3. 


4060 
3930 
5970 
3500 
6480 


3480 


0.195 
0.189 


0.287 
0.168 


0.312 


2 


70 
288.0 


3 


57 


1875 
3790 


0.257 


123.0 


117.8 


70.8 
141.8 


0.0028 
0.0020 
0.0028 


71 


103.5 221.0 


3320 
2720 
3600 


1210 


4.96 
2.24 


4.23 


148.0 
259.0 


84.5 


63.2 
141.8 


0.0090 


0.0267 


0.094 
0.187 


6 


4.96 


0.0045 


0.84 


0.168 


29.3 


37.6 
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Rocket Test of May 26, 1948 

Run 1: The mixture ignited there- 
by giving assurance of the depend- 
ability of the rocket motor. All con- 
nections and joints were then checked 
for tightness. Everything was deter- 
mined to be in good working order. 

Runs 2 to 5: These runs were very 
similar in nature. They produced an 
average thrust of approximately 12 
Ib for an average of 13 sec. The 
flame was a light, almost invisible 
blue with an average length of one 
foot. Standing shock waves were 
clearly visible, appearing as brilliant 
yellow sections in the flame. They 
divided the flame into almost three 
equal parts, each part approximately 
4in. long. 

Run 6: This run was started in a 
manner similar to the previous runs. 
The fuel rate, however, was not kept 
constant to produce the blue flame, 
but was constantly increased until 
the noise level was unbearable, after 
which it was shut down. It was 
noticed that several sparks were 
carried out with the exhaust gases. 
The length of this run was 25.6 sec 
and was the longest made. The 
flame reached a maximum length of 
about three feet and was of an in- 
tense white color. The thrust dur- 
ing this run was only 10.5 lb. 

Run 7: This run was made to de- 
termine if anything had failed within 
the rocket. A shower of sparks 
emerged from the nozzle, indicating 
that some portion of the rocket had 
burned out. The axis of the emerging 
flame was tilted at an angle of approxi- 
mately 20 deg to the vertical. 

Qualitative Analysis of Results: 
The new thrust measuring appara- 
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tus Was an improvement over our former one but was still not accurate 
enough for reliable data because of the effects of friction. Our methods of 
measuring fuel and oxygen consumption were crude and inaccurate. It 
should be understood that data and calculated results could show only 
general trends which in the light of more accurate investigation could be re- 
vised. 

After dismantling the rocket, it was found that the exhaust nozzle had 
failed at the throat due to high temperature, pressure, and velocity. Since 
the steel was known to flake at 1750 F, it could be assumed that the inner 
skin temperature had been exceeded. The exhaust nozzle was sectioned, 
polished, and photomicrographed. These pictures of the sections were not 
included because of the lack of clear detail and interpretation. 

Using the data as an indication rather than an absolute fact, it was felt 
that the thermal efficiency at which the motor operated was low. This 
was directly attributable to the relatively low exhaust velocity. The same 
could be said for the specific impulse, which for propellants of this type 
should be approximately 250. It was felt that an increase in exhaust veloc- 
ity would also increase thrust. Asa means of obtaining a greater velocity, 
the throat diameter of the exhaust nozzle should be decreased. 

The cooling was only effective in so far as it kept the outside surface of the 
combustion chamber below critical temperature. This was indicated by 
the fact that these surfaces maintained their high polish. The net effect of 
this was brought out by a preliminary study of a burned-out exhaust nozzle. 
This showed that the inner walls of the combustion chamber were being 
corroded intergranularly, thus causing them to be torn from their positions 
by the force of the high velocity and temperatures of the gases. If this 
was continued, the wall thickness would decrease until complete structural 
failure of the section would have occurred. 

It was hoped these tests could be used as an indication of results to be 
expected in future runs and as a means of improving propellant metering 
techniques. Unfortunately, however, time ran out and the experimenta- 
tion had to be left incomplete. 


TaBLeE III Comparison oF DESIGN AND AcTUAL RESULTS 


Units Design Actual 

Thrust Lb 9.2 13 
Oxygen-fuel ratio 8.31 3.40 
Oxygen rate Lb per min 11.30 5.96 
Fuel rate Lb per min 1.36 1.75 
Temperature F 2500 3500 (Est.) 
Velocity Fps 2000 2600 
Chamber pressure Psia 125 ~ 90 


The test runs of May 26 were the final ones which we were able to per- 
form in the alloted time. 
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A CHARGING VALUE FOR COMPRESSED-AIR 
ROCKET MODELS 


By Pierce G. Couperus 


Professor of Engineering Research, Ordnance Research Laboratory, 
Pennsylvania State College, State College, Pa. 


Introduction 


URING recent years, interest has increased in the use of compressed 
gas as the source of energy to propel small rocket-type research mis- 
siles. The conventional small CO, cartridges were used in early studies 
when the missiles were small, when the amount of desired energy was 
small, and for experimentation in which the nozzle contours were not too 
important. More recent needs have dictated the use of motors too large 
to make the use of small cartridges practical, and too light to make the use 
of larger bottles feasible. In addition to these limitations, it has become 
necessary to install nozzles with contours which are more precise and con- 
siderably larger than might be obtained by plunging a needle through the 
diaphragm of a commercially charged cartridge unit. 

The charge-and-release valve described in this article was designed to 
eliminate the necessity of using commercially charged cartridges, to make 
possible successive identical launchings with the same model and nozzle, 
and to make the use of lightweight motors, capable of withstanding high 
internal pressures, a possibility. 

The problem was to design a mechanism by which a small rocket model 
could be charged to an initial internal pressure of 2000 psi through the 
nozzle opening, and by means of which the rocket could be held in the 
launcher without loss of gas until the desired launching time. 


Approach to the Problem 


Among the requirements of the models to be used in the studies were: 
(a) Lightweight; (b) close tolerances on body dimensions; (c) the adapt- 
ability of different nozzle shapes to the same model; (d) different thrust 
values for the same model; (e) the use of model diameters ranging from 
approximately one inch to two and one-half inches; and (f) the reproduci- 
bility of launching conditions. 

A search of the literature uncovered several techniques for adapting 
standard small cartridges as storage containers of compressed CO; in rocket 
and racing-car models. Basically, all of the firing techniques discussed 
are the same. A hole is punched in the end of the cartridge by means of a 
spring-load or electromagnetic-type needle plunger. This hole acts as a 
nozzle through which the gas is free to escape after the plunger has been 
extracted. g 
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If accurately timed pho- 
tographic or other type 
records of the behavior of 
the model are desirable, a 
model holding-and-release 
mechanism quite apart from 
the needle plunger should be 
made a part of the launching 
apparatus. Such holding- 
and-releasing mechanisms 
are not easily designed or 
manufactured. If, for ex- 
ample, a small CO, cartridge 
itself is used as the body of a 
rocket, the irregularities in diameter from cartridge to cartridge and even 
in the diameters of the same cartridge as measured along its length, make 
the construction of a precision launching-and-holding frame a practical im- 
possibility. With this weakness of the CO, cartridge systems, and the 
aforementioned requirements in mind, the decision was made to design a 
satisfactory charging-and-releasing mechanism which could be adapted 
to the launching of precision-made models. 

To eliminate the necessity for using a separate cartridge inside of the 
rocket body as an energy-storage container, the rocket motors were made 
strong enough to withstand an internal pressure of 2000 psi. 

The requirements imposed on the models by their intended use dictated 
the design specifications of the charging valve and rocket holding-and- 
release mechanism: 

The valve should be: (1) Adaptable to different nozzle contours; (2) 
capable of withstanding a working 
pressure up to 2000 psi without leak- 
age; and (3) easily released from 
the rocket at any desired time. 

The holding-and-release mecha- 
nism should (1) hold the rocket 
against the valve seat during the 
charging operation and until launch- 
ing time, and (2) insure a quick 
release at this time. 

Various preliminary ideas for 
building such a device were 


FIG. 1 FIRST CHARGE, HOLD-AND-RELEASE MECHA- 
NISM 


FIG. 2. COMPONENTS OF PRESENT COM- 
BINATION CHARGE, HOLD-AND-RELEASE 
MECHANISM 


A, Brass rod through which air is ad- 
mitted to the rocket; B, machined Nylon 
seat; C, brass plug rigidly attached to 
— and through which rod A is free 
to slide. 


sketched, and the best of these ideas 
were incorporated in the launcher 
for 0.812-in. diam rockets shown in 
Fig. 1. Although satisfactory for 
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low-pressure work, this unit would not operate without leaks at the higher 


pressures and was discarded. 


Holding-and-Release Mechanism Now in Use 


The launcher now in use embodies a combined charging valve and 
holding-and-release mechanism. The simplicity of the unit makes it 
relatively free from mechanical troubles and makes possible easily repro- 


FIG. 4 VALVE FOR A 2.25-IN. DIAM MODEL 


THRUST (LBS) 
3 


ducible prelaunching conditions. 

The components of the valve 
mechanism are shown in Fig. 2. The 
diameter of the large end of the brass 
rod A and the diameter of the Nylon 
at D are machined five to ten thou- 
sandths of an inch smaller than the 
throat of the nozzle. This allows 
ample clearance for the rocket to 
slide back to the charging position 
as shown. 

To charge the motor, the brass rod 
A is pulled back until the cone on 
the end of this rod forces the Nylon 


|. into the shape shown in Fig. 3. If 


sufficient force is applied to the rod 
when it is pulled back, the Nylon 
will form a very satisfactory seal for 
pressures up to 2000 psi and at the 
same time will hold the rocket in 
place in the launcher. 

After the motor has been 
charged to the desired initial 
internal pressure and the 
gas supply shut off, the 
rocket is ready to be 
launched. When the brass 


8 


INTERNAL PRESSURE (PS1) 


os 
TIME (SECONDS) 


Throat Diameter - 0.260 inches 


~ rod is pushed forward and 
resumes the position shown 
in Fig. 2, the Nylon regains 
its cylindrical shape and the 
rocket is free to take off. 
In the design of the charg- 
ing valve, the Nylon seat 
was made removable. Ny- 
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lon seats and brass rods of 
FIG. 5 THRUST AND INTERNAL PRESSURE RECORDS ° Various diameters have been 
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made to fit the same launcher. 
With these different seats and rods, 
nozzles of different throat areas can 
be accommodated. Fig. 4 shows a 
valve-and-rod combination which 
will accommodate a throat of 
0.26-in. diam. 


FIG. 6 WEAKEST IN THE NYLON 

The behavior of the thrust and 
internal pressure of a motor with a volume of 0.0435 cu ft and an ex- 
ternal diameter of 2.25 in. has been recorded during the release interval and 
immediately following the removal of the charging valve. Fig. 5illustrates 
a sample pair of these records. There appears a short period, immediately 
following release and while the rocket passes over the Nylon and brass rod, 
during which the thrust is approximately equal to the product of the area 
of the throat and the initial internal pressure. After this brief period the 
valve does not affect the discharge and the gas is free to escape. 

Since the force necessary to hold the rocket in the launcher appears as a 
tension in the Nylon as shown in Fig. 6, care must be administered in the de- 
sign of the thin section of the Nylon seat. 

If good design practices are followed, satisfactory seats capable of with- 
standing the rigors of many launchings can be made. 


The Prospects of Jet-Reaction Flight 
(Continued from page 74) 


and the lower signs to the elements placed at positive angles of incidence. 
Apart from the already defined values, one finds in these relations cp = 
Vv 2gRT, which is the most probable diffuse molecular velocity after colli- 
sion with the wall, the latter featuring the temperature 7, degrees K. 

For high values of v/cyz, ipx/g tends toward 2 sin? a, and ip2/q toward zero, 
so that the old formula of Newton, p/g = 2 sin? a, applies again in this 
case as it does in gas dynamics at high Mach numbers. 

For v = 0, there result the familiar relations of the kinetics of inert gases. 


Cy 1 
For a = 0 there results t/q = 2 we which corresponds quantitatively 


in good approximation, to the formulas utilized for calculating the fric- 
tion of the gases in highly efficient vacuum pumps. 

These formulas have an exceptionally wide field of application for aero- 
dynamic relations, as they can be used for calculating the pressures normal 
to the surfaces, the frictional tensions and the transmission of heat, for all 
Mach and Reynolds numbers and for bodies of all shapes (e.g., meteors, 
missiles, aircraft vacuum pumps, etc.). 


| 
L 
| 

it 
Z, | 
s. 
ve 
Ss 
mn 
1€ 
vs 
tO 
mn 
on 
If 
or 
ne 
in | 
on 
al 
he | 
he 
be 
Ss 
id 
mn 
ns 
he 
at 
y- 
of 
en 


94 


ARS JourNAL 


Furthermore, emphasis should be given to the high values assumed by 7/q; 
they are of the order of 10° superior to those of a continuous flow of gas, and 
clearly show the appreciable value of the continuous boundary layers aris- 
ing from the direct collision of the molecules with the walls. 

Only the fact that, at the altitudes under consideration, the dynamic 
pressures become extremely small, enables flight to be accomplished at 


these altitudes. 


For example, Fig. 16 shows the polar curves plotted from 


the relations presented above, for a flat plate of infinite thinness, and for 
Mach numbers ranging between 1.5 and 30. 


(To be concluded in September issue) 


American Rocket Society News 


New York Section 


HREE well-attended general spring 

meetings were held. At the March 
meeting, B. Abramson, Bell Aircraft 
Corporation, presented a paper dealing 
with heat transfer in rocket engines. 
Willy Ley gave an intriguing talk, ‘‘Space 
Rockets,’ at the April meeting, and 
G. E. Pendray delivered at the May meet- 
ing a review entitled, “Rockets Up to 
Now.” The Section has arranged several 
meetings for the fall season. The first is 
to be a joint meeting with the Institute of 
Navigation and will be held at the Hayden 
Planetarium. A talk on computers will 
be given at the second. No meetings are 
to be held during the summer months. 


Southern California 
Section 


HE electoral committee verified and 

tabulated the results of the recent 
ballots on April 3, 1949, and report the 
election of the following Section Board of 
Directors and Officers for 1949: President, 
G. P. Sutton; vice-president, B. T. Morris; 
secretary-treasurer, H. L. Coplen; board of 
directors: W. C. Fortune, G. M. Giannini, 
D. W. Jones, Jr., N.C. Reuel, C. C. Ross, 
R. B. Canright, and E. P. Wheaton. 

The committee reports that 105 ballots 
were returned; the election response con- 


firms the expectations of a healthy and 
active section. 


German Rocket Developments 

On Thursday evening, April 28, 1949, a 
joint meeting was held with The American 
Society of Mechanical Engineers at the 
auditorium of the Southern California Gas 
Company in Los Angeles. Walter Riedel 
lectured on ‘“‘The Status and Direction of 
German Rocket Development at the End 
of World War II.” Dr. Riedel was direc- 
tor of airframe and propulsion at the 
Rocket Station at Peenemunde, Germany, 
during the war and worked on develop- 
ment of the V-2 and other missiles there. 
His talk covered not only the interesting 
engineering aspects of German rockets but 
was also concerned with the future plans 
for developments in rockets at the end of 
the war. 

Heat Transfer Problems 

On June 16, 1949, at a meeting in the 
auditorium of the California Aero Tech- 
nical Institute, Robert Gordon spoke on 
“Heat Transfer Problems in Liquid Pro- 
pellant Motors.” Mr. Gordon, a graduate 


of Cooper Institute of Technology, was 
development engineer on aircraft propul- 
sion plants at Wright Field for the Air 
Force, and is now project engineer in liquid- 
rocket-engine research and development 
at the Aerojet Engineering Corporation, 
Azusa, Calif. 
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1949 Junior Award 
Papers Invited 


NTRIES for the 1949 Junior Award 

of the AmerIcAN Rocket Society 
are invited from junior members or per- 
sons qualified for junior membership. 
Papers submitted may be on any subject 
of technical interest in the jet-propulsion 
field. Manuscripts should be submitted 
to the Secretary of the Society for review 
by the Awards Committee. 


ARS Standards Committee 
to Be Formed 


THE American Rocket Socrety an- 

nounces the undertaking of a program 
for establishment of rocket-power-plant 
standards. These standards are tenta- 
tively to embrace three subjects: nomen- 
clature and symbols; AN standards; and 
power-plant-test standards. Formation 
of the Standards Committee composed of 
representatives from all major agencies is 
under way. Its activities will be reported 
in the September issue of the ARS Jour- 
NAL, 


Notes 


AN A. KIMBALL, member and sup- 
porter of the Society, has been 
appointed Under-Secretary of the Navy. 
Mr. Kimball was associated with Aerojet 
Engineering Corporation, Azusa, Calif., as 
vice-president. 

W. C. HOUSE and RAY C. STIFF have 
recently joined the engineering depart- 
ment of Aerojet Engineering Corporation. 
Mr. House was previously with The General 
Tire and Rubber Company of Southern 
California and prior to that was with Proj- 
ect SQUID from 1946 until 1948. Mr. 
Stiff was previously with Parsons-Aerojet, 
rocket test-facilities contractors. Both 
men were associated throughout the war 
with the Navy’s pioneer liquid-rocket proj- 
ect near Annapolis, Md., where they were 
responsible for flight testing of some of the 
earliest liquid and solid JATO units for 
PBY and PBM flying boats. 
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Book Reviews 


Rocket DEVELOPMENT. By Robert H. 
Goddard. Prentice-Hall, Inec., New 
York, N. Y., 1948. Cloth, 6 X 9!/;in., 
283 pp., illus., diagrams, tables. 

hs small volume (not to be con- 

fused with “Rockets” by the same 
author—see back cover of the JouRNAL) 
is a condensation of Dr. Goddard’s experi- 
mental notes covering chronologically the 
period 1929-1941. In its parts it is factual 
and detailed, describing ideas, apparatus, 
and testing. In its total, it is a record 
of a staggering undertaking. Latter-day 
rocket engineers—numerous, well equipped, 
and well financed—will be impressed 
by the scope of Dr. Goddard’s work. The 
book reports such work as that on injectors 

(1929-1930), centrifugal liquid-oxygen 

pumps (1932-1934), firings of pressurized 

rockets, development of gyroscopic con- 

trols, steering by movable motor (1936- 

1937), and development and flight firings 

of turbopump-pressurized rockets. It 

reveals how thoroughly the up-to-date as- 
pects of the fi ld were covered by Dr. 

Goddard 10 to 20 years ago. It is basically 

a book by a rocket engineer for rocket en- 

gineers. 


Rocket PrRoputsion ELEMENTs. By 
George P. Sutton. John Wiley & Sons, 
Inc., New York, N. Y., Chapman & 
Hall, Ltd., London, England, 1949. 
Cloth, 6 X 9'/, in., 287 pp., illus., dia- 
grams, charts, tables, bibliog., $4.50. 
HIS text is an excellent and much- 

needed contribution to the field of 
liquid-rocket power-plant engineering. It 
is primarily an engineering treatment of 
both fundamental and detailed informa- 
tion. The treatment is neither wholly 
analytical, wholly descriptive, nor wholly 
discussional, but is an apt combination of 
all three to make a usable and readable 
volume. Each of the book’s ten chapters 
is accompanied by representative un- 
classified references from which the reader 
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can obtain more detailed information. 

Wisely, no attempt is made to discuss 
in detail the pros and cons of the designa- 
tions and parameters which are currently 
used or proposed in the field. The author 
does, however, revive and employ the 
early and definitive term “specific thrust’’ 
for the ratio of steady-state thrust to 
steady-state propellant-flow rate, as op- 
posed to the term “specific impulse” 
which is currently and loosely applied both 
to the above ratio and to the ratio of total 
impulse to total weight-of propellants con- 
sumed. 

It is to be expected that in any first 
edition of an unclassified survey in a 
classified and rapidly growing field some 
omissions, weak sections, and points of 
contention should appear. These (in the 
few instances where they appear) do not 
detract from the usefulness of the book for 
the reader who desires a thorough orienta- 
tion, and they only augment the interest 
of the reader who already possesses a 
background in the field. 
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COMPLETE to the limit 
of military security— 


ROCKET 
PROPULSION 
ELEMENTS 


By George P. Sutton 


Just out in January, this book covers 
principles, problems, mechanisms and de- 
sign of rocket propulsion systems. Real 
design calculations are given. ° 
Consider these 3 features 
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